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RESEARCH MEMORANDUM 
ESTIMATION OF LWL' AND DRAG OF AIRFOILS AT NEAR SONIC 
SPEEDS AND IN THE PRESENCE OF DPACBED SHOCK WASTES 
By John P. Mayer 
SUMMARY 
A semieinpirical method of estimating the forces on airfoils at near 
sonic speeds and in the presence of detached shock waves is presented. 
Fairly good agreement with the trend of existing experimental data is 
found at Mach numbers from 0.97 to 2.3 for sharp—nose airfoils at speeds 
and angles of attack above those at which shock detachment occurs and 
for blunt—nose airfoils where shock waves always are detached. Computed 
values of the forces on two—dimensional wings are in good agreement with 
wind—tunnel data on wings of various plan forms and aspect ratios at 
high angles of attack. The approximate method is in agreement with the 
Von Krmn transonic similarity rules for Mach numbers near unity. 
INTRODUCTION 
Since supersonic airplanes and missiles, in some phases of flight, 
must operate in regions of detached shock waves, the problem of the 
forces that may be developed under such conditions is becoming increasingly 
important. In reference 1 an estimation was made of the limit forces on 
airfoils associated with detached shock waves at supersonic speeds. The 
semienipirical method of estimating the limit forces was based on an 
empirical limit negative pressure coefficient and the maximum positive 
pressure coefficient attainable behind a normal shock wave. In general, 
the calculated results agreed well with experimental results at high 
angles of attack. An extension of the semiempirical method is presented 
in the present paper to include all speeds and angles of attack where 
detached shock waves are present and comparisons are made with existing 
experimental data.
SYMBOLS 
A	 aspect 'ratio 
c	 section chord 
c c	
section chord—force coefficient (Chord force/qc)
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Cd
p
section pressure—drag coefficient 	 (Pressure th'ag/qc) 
or	 ( On sin CL + c	 cos CL) 
C 2 section lift coefficient	 (Lift/g.c) or 
(on cos a - cc sin CL) 
C section pitching—moment coefficient about leading edge 
(Pitching moinent/qc2) 
C section pitching—moment coefficient about quarter—chord m	 ,,
point 
on section normal—force coefficient 	 (Normal force/q.c) 
d section drag 
section lift 
M Mach number 
P static pressure 
P
(p - pressure coefficient 	 p0 
q dynamic pressure 	
(I PV2) 
t maximum airfoil thickness 
t/c thickness ratio 
V stream velocity 
x longitudinal distance along chord 
Y lateral distance from chord 
a angle of attack 
flap deflection
ratio of specific heats, taken as 1.40 for air 
P	 stream density 
angle between tangent to airfoil surface and free—stream 
direction 
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Subscripts: 
1	 forwardly inclined surface 
2	 rearwardly inclined surface 
urn	 limit 
max	 maximum 
o	 free stream. 
U	 upper surface 
L	 lower surface 
METHOD OF ESTIMATING FORCES 
The method for estimating the forces on airfoils at near sonic 
speeds and in the presence of detached shock waves is based on the 
maximum pressure coefficients attainable on airfoils in conjunction with 
certain arbitrary assumptions. In reference 1 an empirical limit nega-
tive pressure coefficient was presented, the equation of which was found 
to be
li	 1 
MO 
rn 
The maximum positive pressure coefficient used is the pressure coeffi-
cient corresponding to the total pressure. For subsonic flow, the 
maximum positive pressure coefficient is 
[[i +
	
; l)M2]7_l -
	 (2a)Pmax
In supersonic flow the maximum positive pressure coefficient behind a 
normal shock wave is
z1 
yMO2 [ [ 27MO2 - (y - flj	
l)2
	
-1	 (2b) 
2	 y+l	 ir	 17_i
(1)
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The variation of the limit negative pressure coefficient P and the 
maximum positive pressure coefficient Pmax with Mach number for Mach 
numbers greater than 1 is shown in figure 1. 
In supersonic flow, at certain angles of attack and speeds, the 
shock wave is curved and detached from the nose of the airfoil and a 
region of subsonic flow exists behind the shock wave as is shown in 
figure 2. The average normal force on an element of forwardly inclined 
surface is assumed to be equal to the product of the maximum positive 
pressure coefficient and the sine of the angle between the free-stream 
direction and the airfoil surface 
P1
 = Pmaxsin 01	 (3) 
It is known that, when mixed flow fields are present, sonic velocity is 
reached on wedges at the shoulder. (See references 2 and 3.) Therefore, 
for sharp-nose airfoils at high angles of attack, it is assumed that the 
sonic lines initiate from the leading and trailing edges of the airfoil, 
as is shown in figure 2(a). For round-nose airfoils and sharp-edge 
airfoils at low angles of attack it is assumed that the sonic lines 
initiate from the point on the airfoil surface where the angle between 
the free-stream direction and the tangent at the airfoil surface is zero. 
(See figs. 2(b) and 2(c).) The average normal force on an element of a 
rearward-]y inclined surface is then assumed to be given by the well-known 
Prandtl-Meyer expansioli with the static pressure at the sonic line set 
equal to the free-stream static pressure. It can be shown that the 
pressure coefficient corresponding to the Prandtl-Meyer relation may be 
given for small angles as
-	 3	
%%y 
2/3/ 2 \h/3 2/3	 1 
P2402+l) 02
(Li.) 
or
L9,157 2/3 2	 2 02	
j
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With the previous simplifying assumptions, the following approximate 
equations for the normal-force, chord-force, and moment coefficients are 
obtained:
C11 = Pmax[fsin Øu d(x/c ) +J' sin Ød(x/c)] 
+ 1.957[f2/3d(/) + f2/3]	 (5)OU 
= Pinax[J'sin jd(y/c) +ffl ØLd(Y/c)] 
1.957 
-
	
	
:I3dY/C +k2/3d(Y/C)	 (6) MO2 {fØ  
c	
= 
Pmax sin øu(x/c)d(x/c) +f sinMLE
1.957 
- M2	
+J2/3(x/c)d(x/c)j 	
(7)
 [fo^ 
0 
= [f 
	
c 
 
sin Øu( - O.25)d(x/c) +J'sin ØL(2 - 0.25)d(x/c)] 
fh1.957 f 2/3(x- O.25)d(x/c) +	 2/3 - 0 25)d(x/c)(8) 
In using equation ( Ii-) the flow is expanded only until the pressures 
reach the empirical limit pressure coefficient given in equation (1). 
A graphical representation of the Prandtl-Meyer relation and equation (4) 
is presented in figure 3 from which the pressure coefficient P 2 may be 
found if the free-Stream Mach number M 0 and the angle of expansion 02 
are given. It may be seen in figure 3 that in using equation (ii.) instead 
of the exact Prandtl-Meyer relation, the error is small up to the angle
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for limit pressure. Figures 1 and 3, together with the geometric proper-
ties of an airfoil, may then be used to approximate the lift and drag 
coefficients associated with detached shock waves. 
APPLICATION AND COMPARISONS 
Comparisons between the test results of reference ii-, for a 
rectangular wing having circular—arc airfoil sections, and the calcu-
lated force coefficients obtained using the approximate formula given given 
previously are shown in figure li. for Mach numbers of 1.55 and 2.32. 
Shown in figure 4, in addition to the calculated force coefficients at 
angles of attack above the point of shock detachment, are the theoretical 
angle of attack where the shock detaches from the leading edge of the 
airfoil and the exact theoretical two—dimensional lift and drag curves 
for the airfoil up to the angle of shock detachment. It can be seen 
from figure Ii. that, although the equations from which the calculated 
lift and drag coefficients were obtained are based on a two—dimensional 
analysis, the results show fairly good agreement with the trend of the 
three—dimensional wind—tunnel data at angles of attack above the angle 
of shock detachment even at aspect ratios as low as 1.7. It may be 
noted that at the angle of shock detachment the calculated lift and 
drag coefficients are close to the lift and drag coefficients obtained 
by using the more exact shock—expansion theory (reference 5). For 
these particular cases the estimated value is within 10 percent of the 
value obtained using the more exact theory. 
Reference Li. also includes results from wind—tunnel tests on wing 
models of triangular, sweptback, and trapezoidal plan forms with aspect 
ratios from 1.37 to 4.06. Presented in figure 5 are comparisons between 
the test results of reference 4 for four wing plan forms with the lift 
and drag coefficients obtained from equations (5) and (6). It can be 
seen that the results show fairly good agreement with experiment at high 
angles of attack. 
Comparisons between calculated lift and drag coefficients and 
experimental two—dimensional data of reference 6 for detached shock 
conditions are presented in figure 6 for a circular—arc airfoil section 
at Mach numbers of 1.85 and 2.13. In general, the results show fairly 
good agreement with the trend of the test data at angles of attack where 
the shock Is detached from the airfoil. At a Mach number of 2.13, 
however, the slope of the experimental lift curve does not tend to 
decrease at high angles of attack as does the slope of the calculated 
lift curve. 
Shown in figure 7 are comparisons of the moment coefficients at the 
leading edge calculated by the approximate method and the experimental 
moment coefficients for the 10—percent circular—arc airfoil sections 
of reference 6 for Mach numbers of 1.85 and 2.13. The calculated results
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are in fair agreement with the trend of the experimental data and it may 
be seen that, for these particular cases, the calculated moment coeffi-
cients at the point of shock detachment are near those calculated by the 
more exact shock-expansion two-dimensional theory. 
Reference 7 presents results of tests made at supersonic speeds of 
several subsonic airfoil sections where shock waves always would be 
detached from the leading edges. Comparisons between the test results 
of reference 7 and the estimated lift and drag coefficients based on 
the previous assumptions are shown in figure 8 for three of the blunt-
nose airfoils tested at a Mach number of 1.47. Comparisons between the 
experimental and estimated results for a faired circular cylinder having 
a thickness ratio of 14 percent are shown in figure 8(a). Shown in 
figures 8(b) and 8(c) are comparisons for Gttingen airfoils 
numbers 622 and 623 which have thickness ratios of 8 and 12 percent, 
respectively. It can be seen that, in general, the estimated lift and 
drag coefficients agree fairly well with the trend of the experimental 
lift and drag coefficients. 
An application of the approximate method at Mach numbers close 
to M = 1.0 is shown in figure 9 where comparisons are made between 
the calculated force coefficients for a 12-percent circular-arc airfoil 
section and some unpublished tests of a semlspan rectangular wing having 
12-percent circular-arc airfoil sections and an aspect ratio of 5.30. 
The tests were made in the Southern California Cooperative Wind Tunnel 
by the "bump" method at a Reynolds number of about 430,000. It may be 
noted in figure 9 that comparisons are shown for Mach numbers less 
than M = 1.0. When the shock waves on an airfoil approach the trailing 
edge the air flow is essentially supersonic and the approximate method 
should be applicable. For most commonly used airfoils this Mach number 
at which the flow becomes essentially supersonic is near M = 0.95 at 
low angles of attack. Shown in figure 9 are the approximate shock 
locations at low angles of attack. As the Mach number increases the 
shock waves approach the trailing edge and reach the trailing edge at 
• Mach number near M = 0. 95, and as the Mach number becomes supersonic 
• bow wave forme in front of the airfoil. It may be seen from figure 9 
that the calculated lift coefficients are in good agreement with the 
experimental lift coefficients at Mach numbers where the shock waves on 
the airfoil have approached the trailing edge. The calculated pressure-
drag coefficients are in fair agreement with experimental total-drag 
coefficients. The calculated moment coefficients about the quarter-
chord point are overestimated in all cases since the pressure distri-
butions obtained from the approximate formulas differ from the 
experimental pressure distributions. 
Shown in figure 10 are comparisons between measured pressure distri-
butions and those calculated from the approximate formulas for circular-
arc airfoil sections at Mach numbers of 1.10 and 1.85. The test results 
at M = 1.10 are from the unpublished tests mentioned previously and the 
results at a Mach number of 1.85 are from reference 6. In both cases,
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detached shock waves are present. It may be seen that at a Mach number 
of 1.10 the approximate method does not predict the actual pressure 
distribution. However, the areas of the experimental and the approxi-
mate curves are nearly the same. At a Mach number of 1.85 the results 
are somewhat better, although the measured pressures on the lower surface 
near the leading edge are necessarily higher than those estimated by 
the approximate formulas. 
An application of the method for estimating forces in the presence 
of detached shock waves is shown in figure 11 where the calculated lift, 
drag, and moment coefficients are shown for a 10-percent diamond airfoil 
with a 25-percent--chord trailing-edge flap at a Mach number of 2.5. 
Also shown are the theoretical two-dimensional lift, drag, and pitching-
moment coefficients below the angle of attack for shock detachment. The 
estimated increments in lift, drag, and moment coefficients at the point 
of shock detachment are close to the increments calculated by the more 
exact two-dimensional theory in this case. It can be seen, in figure 11, 
that the 100 flap deflection produces higher drag and moment coefficients 
throughout the angle-of-attack range. However, because of the large 
chord forces, the lift coefficient of the flapped airfoil is actually 
less than that for the unflapped airfoil at angles of attack above 450 
and., for this particular case, the maximum lift coefficient is changed 
very little by the use of a flap. 
DISCUSSION 
In applying the approximate method for estimating the forces on 
airfoils at near sonic speeds and in the presence of detached shock waves, 
it must be remembered that the method is sem!empirical and based on 
rough assumptions to the actual flow conditions and that some caution 
should be used. For instance, pressure distributions computed by the 
approximate method may be considerably in error. Therefore, calculated 
moments are questionable and such factors as aerodynamic centers or 
centers of pressure cannot be estimated by the approximate method. On 
the other hand, calculated lift and drag coefficients are in fairly good 
agreement with the trend of available test data. In regard to the calcu-
lation of forces on round-nose airfoils, it is known that there will 
be considerable error in the assumed position of the sonic line and the 
assumed static pressure at the sonic line. However, for the particular 
examples given in the present paper, it is believed that the assumption 
of the position of the sonic line is not too much in error since the 
position of maximum thickness occurs fairly close to the leading edge 
of the airfoil. For airfoils having the position of maximum thickness 
farther rearward, however, the assumption would be more in error at low 
angles of attack, for the sonic lines would initiate ahead of the 
assumed point. At higher angles of attack the results might be better.
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A closer assumption to the actual conditions would be to assume the sonic 
line at the point on the airfoil surface where the angle V is equal to 
the maximum angle through which a supersonic flow may be deflected and 
to assume a static pressure at the sonic line corresponding to equation (3) for this case. In the actual case, the sonic line probably initiates 
somewhat ahead of the point on the airfoil where the angle 0 is equal to the maximum deflection angle. The flow then expands over the airfoil 
surface but is affected by the reflection of compression waves from the 
sonic line. (See reference 3
. ) The use of the approximate equations 
used in the present paper (Pl
 = Psin çI, for forwardly inclined 
2/3, v
	
\1/3 2/3 
	
surfaces and 2 = 3	 2 1 02 ' for rearwardly Inclined. surfaces 1M 27  \ + 1/	 J introduces somewhat compensating factors In regard to actual flow 
conditions since, in starting the expansion from the point on the air-
foil where 0 = 00 , the negative pressures are reduced from what they 
would be by starting the expansion from the point where 0 Is equal to the Inaxinium deflection angle. 
In regard to the use of the approximate method at Mach numbers 
near M = 1.0, it can be shown that, for thin symmetrical airfoils at 
low angles of attack, the lift and drag coefficients obtained from 
equations (5) and (6) can be expressed as 
( 
	
C 2 =	
2/3 
 ma21/3 + Constant)	 (9) 
MO 2 
and
Cd = _ 1"5/3 [pmnaxM 2(t)h1"3 + Constant]	 (10) 2c) 
These equations are in agreement with the transonic similarity laws of 
Von K&mnn. (See references 8 and 9.) From these laws the lift and 
drag coefficients are expressed as 
C 2/3LF	 a.-/3 =- 2	 2 	 MO21)1/2
	
(U) 
and
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Cd. = _()5"3D[ (t/,,)1/3
1 
(Ii _2I)1/2j	 (12) 
In estimating the lift and drag of airfoils at Mach numbers 
near M = 1.0 the approximate method should be used only for Mach numbers 
and angles of attack where the shock waves on the airfoil have approached 
the trailing edge. At high subsonic Mach numbers the air flow over the 
rear portion of an airfoil often separates and the shock wave on the 
upper surface of the airfoil tends to move forward with increasing angle 
of attack. Therefore, it might be expected that the lift and drag obtained 
by the approximate method at high angles of attack in the transonic range 
would not be as good an estimation as the lift and drag obtained at low 
angles of attack. 
It is of interest to study the conditions under which the shock is 
detached and the approximate method may be used. Guderley has shown that 
the transition from an attached to a detached shock wave is not an abrupt 
change but is a continuous process. (See reference 3.) In reality, even 
the sharpest wedge or airfoil has a blunt nose and the shock wave has 
a small region of detachment. However, the problem is a relative one 
and a strong region of shock detachment must be present before the ordinary 
methods of treating attached shock waves cease to be useful. At high 
supersonic Mach numbers and low angles of attack where the shock is bent 
strongly back the subsonic region of flow on the airfoil is small and 
perhaps the attached shock methods may be used again with success even 
for round-nose airfoils. In the present paper, however, the approxi-
mate method is for use in estimating the lift and drag of airfoils at 
supersonic speeds in the presence of relatively strong detached shock 
waves. In general it is believed that, in the absence of a more exact 
theoretical solution, the simple method presented will enable a first 
approximation of the lift and drag of airfoils at high transonic speeds 
and at supersonic speeds in the presence of detached shock waves. 
CONCLUDING REMARKS 
A semiempirical method for estimating the fOrces on airfoils at 
sonic speeds and at supersonic speeds in the presence of detached shock 
waves is presented. Fairly good agreement with the trend of existing 
experimental data is found at Mach numbers from 0.95 to 2.3 for sharp-
edge airfoils above the angle of attack for shock detachment, and the 
calculated results agree fairly well with the trend of the experimental 
data for blunt-nose airfoils at supersonic speeds where shock waves
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always are detached from the leading edge. Computed values of the forces 
on two-dimensional wings are in good agreement with wind-tunnel data on 
wings of various plan forms and with aspect ratios as low as 1.7 at high 
angles of attack. 
For airfoils considered in this paper, the estimated force coeffi-
cients at the an
	 of attack where the shock wave detaches from the nose

of a sharp-edge airfoil are close to the theoretical two-dimensional 
force coefficients. 
The approximate method presented is in agreement with the

Von Krmán transonic similarity rules for Mach numbers near unity. 
Langley Aeronautical Laboratory 
National Advisory Committee for Aeronautics 
Langley Air Force Base, Va.
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